The flow around an ONERA-M6 wing, including the effect of wind tunnel wall interference, is computed using CFD analysis with a porous wall model. The computational domain sets porous walls at the top and bottom of the wing section similar to actual wind tunnel experiments. The computational result captures almost the same shock wave shape as the wind tunnel. This could not be computed exactly in previous works that did not include wall effects. The interference of the porous walls reduces the Mach number and attack angle of the flow, and these effects alter the swept angle of front shock wave and the location of rear shock wave. The aerodynamics coefficients are also affected by the wall interference. The lift coefficient becomes smaller due to the reduction in attack angle. The lower Mach number decreases the drag coefficient, while the reduction in attack angle causes additional drag by a mechanism similar to induced drag.
Introduction
Today, computational fluid dynamics (CFD) plays a significant role in aircraft development. The precision required for today's aircraft development is quite high, a typical target precision for drag prediction being about 1 drag count (C D ¼ 0:0001). In order for CFD analysis to meet these high requirements, its validation must be strict. Ideally, validation should be conducted by comparing CFD results with actual flight data. However, flight data measurement methods are not yet sufficiently mature to give the required accuracy, so wind tunnel test data are used for CFD validation. For strict validation of CFD solvers, these data need to be reliable, with experimental errors minimized as far as possible. However, it is difficult to exactly match the flow conditions in a wind tunnel with CFD computation; one of the most serious problems being the wind tunnel walls, which cause differences between wind tunnel flow conditions and actual flight conditions. This problem is known as "wind tunnel wall interference." Although many past studies have attempted to correct wall interference, it is very difficult to remove completely from experimental data.
On the other hand, there have been attempts to include wind tunnel wall interference in CFD results. [1] [2] [3] [4] Today's advanced mesh generation methods can easily construct computational meshes that include wind tunnel walls. The authors have also researched the wall interference problem using CFD analysis. However, in the case of a transonic wind tunnel, it is not easy to compute the wall interference strictly because the test section walls are permeable, such as porous walls. The effect of the flow through porous walls is non-negligible, so it is necessary to be modeled properly. We have therefore developed a new porous wall model for transonic wind tunnels by analyzing the flow through a single hole using computational and experimental approaches. 5, 6) This is the first model that can compute the effect of porous walls without requiring any empirical parameters. In our previous study, we attempted to apply the new model to compute the flow around a two-dimensional airfoil with wind tunnel walls. We succeeded in computing almost the same pressure distributions on the airfoil as wind tunnel test results, showing that the model was able to simulate the wall interference accurately.
In the present study, we analyze the wind tunnel wall interference in a three-dimensional manner. The flow field over an ONERA-M6 wing, which is a three-dimensional sweptback wing, including wall interference is analyzed by CFD analysis using the porous wall model. Wind tunnel data of the ONERA-M6 wing 8) is one of the most popular references for CFD solver validation. The measured pressure distributions on the wing surface have shown relatively good agreement with many CFD results, [9] [10] [11] [12] [13] [14] [15] [16] [17] and so the data have been recognized as reliable and thus suited for validation. However, it is known that there are several cross-sections at which there are differences between experimental and CFD results. Figure 1 compares the pressure distributions at the cross-sections z=b ¼ 0:2; 0:65; 0:8 computed by three well-known CFD solvers: CFL3D, 9) OVERFLOW 10) and Wind-US.
11)
The cross-sections that show relatively large differences are seen. In transonic flow conditions, a "lambda shock," which is the characteristic shock wave structure for sweptback wings, arises on the suction surface. The shape of the lambda shock shows differences between computational results and experimental measurements. There are also differences around the suction surface near the root. Many CFD solutions in past studies have shown the same error tendencies, so it is doubtful to claim that these errors are caused only by issues related to computational processes. Generally, wall interference increases as the test model size grows relative to the test section size. The ratio of test section height to mean aerodynamic chord of the ONERA-M6 tests is about 2.7, which is a relatively large model size compared to other transonic wind tunnel tests. Wall interference seems to have a large influence on the ONERA-M6 test measurements, but the experiment values are not corrected for the wall interference. Therefore, it is important to examine whether this is the cause of the discrepancies seen between the CFD and experimental results. The S2MA wind tunnel, which is the transonic tunnel used for the ONERA-M6 testing, has porous walls at the test section, and the experiment conditions are recorded precisely, including the wall conditions. This data and our porous wall model will allow us to simulate the wall interference by accurately modelling the actual ONERA-M6 testing conditions. There are two main purposes in the present study. The first one is to verify the extent to which wall interference effects contribute to ONERA-M6 test errors. The second one is to analyze the wall interference effect of a three-dimensional wing as a step to develop a new wall interference correction method for aircraft testings. At first, the flow of the ONERA-M6 wing is computed under the same conditions as the actual wind tunnel measurements including the wind tunnel walls, and it is compared with the experimental data. Then, the wall interference effect is discussed by comparing the flows with and without wind tunnel walls. In our previous study, we investigated how to change the flow field of a two-dimensional airfoil by wall interference and showed the wall interference reduced the Mach number and flow angle. 7) Also in the present study, the interference values for the Mach number and flow angle are computed, and we investigate the wall interference effect in the three-dimensional flow field. Then, in order to understand the wall interference in more detail, the effect on the lambda shock and aerodynamics coefficients are discussed in terms of the interference values of Mach number and flow angle.
Analytical Methods

CFD methods
In the present computations, FaSTAR (FAST Aerodynamic Routines) is used as a CFD solver. 18) In FaSTAR, the full Navier-Stokes equations are solved on an unstructured grid by a cell-centered finite volume method. HLLEW (Harten-Lax-van Leer-Einfeldt-Wada scheme) 19) is used for the numerical flux computation, and the LU-SGS (Lower/ Upper Symmetric Gauss-Seidel) implicit method is applied for time integration. Time integration is carried out by local time stepping. Second-order spatial accuracy is realized by linear reconstruction of the primitive variables with the MUSCL scheme. The Spalart-Allmaras model 20) is used as the turbulence model.
Computational domain
In the present study, we compute the flow of the ONERA-M6 wing using computational grids with and without wind tunnel walls. Four types of wall configurations are employed: top and bottom wall only, side wall only, full wall (top, bottom and side walls), and no wall cases. Figure 2 shows the computational grid for the full wall case. The top and bottom walls at the test section are porous and are set at the same locations as in the actual experiment. The boundary condition in the porous wall region is computed using the porous wall model. There is no bleeding hole on the side wall and so it is computed using non-slip boundary condition. The top and bottom wall case and the side wall case have additional domains in the direction of the lacking wall. In the actual wind tunnel testing, a diverter is set at the root of the wing to avoid the boundary layer, and so that wall is computed using a slip wall boundary condition. Except for the full wall case, all primitive values at the inflow boundary condition and the static pressure at the outflow boundary condition are far-field values. In the full wall case, the total pressure and total temperature are fixed at the inflow boundary condition, and the static pressure at the outflow boundary condition is adjusted to realize the same flow conditions as the other cases forward of the airfoil. Figure 3 shows computational grids on the wing surface. Two types of grid, coarse and fine, are used to check grid dependence. The dimensions of the coarse mesh are 100 Â 50 Â 60 grid points (streamwise, normal, spanwise) and those of the fine mesh are 200 Â 75 Â 120 grid points in the block surrounding the wing. The attack angle is varied by rotating the computation grids near the wing. The computation grid around the wing is same for all cases to compute the flow under the same numerical conditions.
Porous wall model
At the porous wall boundary condition, the perpendicular velocity is computed by the porous wall model and other components are zero. The porous wall is modeled by the relationship between flow rate and differential pressure through the wall. Details of the modeling method can be found in Nambu et al. 5, 6) In this study, the porous wall is modeled by the following equations:
where ð&vÞ porous is the mass flow rate through the wall, ð&uÞ 1 is the mass flow rate of the free stream, ÁC p is the differential pressure coefficient of the wall, L=D is the ratio of each hole's depth to diameter, and Ã is the displacement thickness of the boundary layer near the wall. In the present computation, the values of these parameters are same as those of the actual wind tunnel testing given in Schmitt and Charpin 8) 
Comparison with Experiment
In this part, the CFD results with wind tunnel walls are compared with actual wind tunnel test data. The experimental data at M ¼ 0:8395, ¼ 3:06, which is the most frequently used for validation, is the reference for comparison. All experimental values are not corrected by wall interference correction methods.
Effect of top, bottom and side walls
At first, the flow around the ONERA M6 wing is computed for the different wall configuration cases. Figures 4  and 5 show the pressure coefficient distributions at the cross-sections z=b ¼ 0:2, 0.65 and 0.8. Computations for four cases, top and bottom walls, side wall, full wall and no wall, are conducted. The cross-section z=b ¼ 0:8 shows a two-step shock wave in the experiment, but the computational results of the no wall and side wall cases do not capture such a shock. On the other hand, the full wall case and top and bottom wall case capture shock waves similar to those observed by experiment. This means that interference of the top and bottom walls causes the cross point of the front shock and rear shock to move toward the wing tip. Past computations have not been able to capture the two-step shock wave exactly at z=b ¼ 0:8, so the present computations suggest that wall interference is the main cause of this discrepancy. Additionally, at z=b ¼ 0:65, the computational results of the full wall case and top and bottom wall case capture similar locations of the front and rear shocks as experiment. However, all computations still show differences with experiment on the suction surface at z=b ¼ 0:2, and so this might not be caused by wall interference.
The shock wave shapes computed by the full wall case and the top and bottom wall case show better agreement with experiment, and these two cases have almost the same distributions. This means that the top and bottom walls mainly affect the flow field. Therefore, the top and bottom wall case is focused on in the following discussion. Trans. Japan Soc. Aero. Space Sci., Vol. 58, No. 1, 2015
Grid dependence
Although the present computations come close to the experiment by including wind tunnel wall effects, there remain some differences. In this part, the grid density is increased and grid dependence is examined. Figures 6 and 7 show the pressure coefficient distributions at z=b ¼ 0:2, 0.8 computed by coarse and fine meshes. The fine mesh captures the shock wave more sharply and its result shows better agreement with experiment at z=b ¼ 0:8. However, the result at z=b ¼ 0:2 is not improved even by the fine mesh. Therefore, this error is likely to be due to other factor. In the experiment, there is a diverter to avoid the boundary layer effect at the root of the wing, 1) and so the condition of the root is not the exactly same between computation and experiment. We believe this is one of the reasons for the difference.
Other flow conditions
Comparisons are conducted with other flow conditions. Figure 8 shows the comparison with M 1 ¼ 0:8359, ¼ 4:08. Additionally, in this flow, the computation with top and bottom walls captures the two-step shock wave more faithfully than the no wall case. On the other hand, the similar difference with the previous case shows up at z=b ¼ 0:2. Figure 9 shows the results for M 1 ¼ 0:6990, ¼ 3:06. In this case, there is no shock wave on the wing surface. Compared to the transonic case, no visible difference is seen between the results with and without walls, and both results agree with experiment. Therefore, the subsonic case seems to be less sensitive to wall interference than the transonic case.
Effect of Wind Tunnel Wall Interference
The interference of the top and bottom walls changes the flow around the wing, especially the shock wave. In this part, we discuss the wall interference by comparing the flows with and without wind tunnel walls. 
Evaluation of interference quantity
In the present study, the linearized small perturbation potential equation is used to evaluate the wall interference. Using linear equations, velocity perturbations caused by wall interference and other factors can be solved separately. Therefore, the degree of interference the wind tunnel walls is specified explicitly. Many wall interference correction methods are based on this equation. 22, 23) The linearized small perturbation potential equation for wall interference correction can be written as:
where 0 wall and 0 no wall are the perturbation potentials of flows with and without wind tunnel walls. The difference of these potentials means the velocity perturbation potential of the wall interference. This equation is differentiated with respect to x and y, and the equation of velocity perturbation is then derived as:
where Áu and Áv are velocity perturbations caused by wall interference in streamwise and normal directions. The wall interference can be evaluated quantitatively by solving these equations using the CFD results as boundary conditions. An advantage of the present method is that the interference quantity on the wing chord can be specified where there is no CFD solution. Although previous research showed that the wall interference quantity computed by the linearized potential equation has some error in transonic flow cases, 7) its accuracy is sufficient for the present qualitative discussion. In the present study, Eqs. (7)- (10) are solved numerically. Figure 10 shows the computational domain. The equations are spatially-discretized using the central difference and are solved by the Gauss-Seidel method. The computational grid has 100 points in all directions. Figures 11 and 12 show the velocity perturbations on the chord from the leading edge to the trailing edge. Three types of porous wall are employed: high porosity, low porosity and no bleeding cases (Po ¼ 0:2, 0.06, 0.0). The low porosity case, Po ¼ 0:06, corresponds to the porosity of the ONERA-M6 wing testing. In the high porosity case, both velocity components, Áu and Áv, are decreased. On the other hand, the no bleeding case shows increases of both velocity components. The low porosity case results are between the high porosity case and the no bleeding case, and its interference is relatively small. The changes of streamwise and normal velocity almost correspond to the changes of Mach number and attack angle (ÁM and Á). Therefore, interference by the porous wall causes ÁM < 0 and Á < 0, while the wall without bleeding causes opposite interference, ÁM > 0 Trans. Japan Soc. Aero. Space Sci., Vol. 58, No. 1, 2015 and Á > 0. In the following sections, wall interference is discussed in terms of the changes of these values.
Effect on the shock wave
In this section, the wall interference effect on the shock wave is discussed. Figure 13 shows the pressure coefficient distributions of the cross-section at z=b ¼ 0:8. The flow condition is M 1 ¼ 0:8395, ¼ 3:06 and the porosities of these computations are 0.2, 0.06 and 0.0. The two-step shock wave is shown in each case, but the locations of the front and rear shock waves are altered by the change of porosity. Figure 14 shows the contours of pressure coefficient on the suction surface. In this figure, there are two visible changes: the swept angle of the front shock and the location of the rear shock. We first discuss the front shock. Figure 15 shows a schematic of the front shock. In the case of sweptback wings such as the ONERA-M6 wing, only the velocity component normal to the leading edge is accelerated, and the flow line is deflected towards the wing root. However, the flow line must be parallel to the symmetric plane, and so an oblique shock wave appears. The swept angle between the symmetric plane and the oblique shock wave, À , increases as the porosity become larger. As mentioned above, the Mach number and attack angle are reduced by the interference of porous wall (see Figs. 11 and 12) . This means the Mach number at the leading edge M l decreases. The turning angles are nearly constant as the porosity varies, and the shock angle is a function of M l 24) in that case. In the weak shock cases, the Trans. Japan Soc. Aero. Space Sci., Vol. 58, No. 1, 2015 shock angle increases as M l become small, and so À also becomes large. On the other hand, the interference in the no bleeding wall case increases the Mach number and attack angle, and so it shows the opposite change. Furthermore, the location of the rear shock wave is changed by wall interference. The front shock wave is a weak shock (i.e. supersonic in the downstream) and so the rear shock shows up at end of the supersonic region as a strong shock. Generally, that shock wave moves downstream as the Mach number increases. The interference of porous wall reduces the Mach number and attack angle, and this means that Mach number of the suction surface decreases. Therefore the rear shock wave is moved to the upstream by the interference.
Effect on lift and drag coefficients
In this part, the wall interference effect on the lift and drag coefficients is discussed. Table 1 shows the changes of the lift and drag coefficients due to wall interference. The values, ÁC L and ÁC D , are difference between the results with and without walls (ÁC ¼ C wall À C no wall ). The lift and drag coefficients of the no wall case are 0.25772 and 0.01952 respectively. In the no bleeding case, both coefficients increase; here wall interference increases the Mach number and attack angle as mentioned previously (see Figs. 11 and 12 ). In transonic flow conditions, the drag coefficient is sensitive to changes of Mach number and a small increment of Mach number causes a large increase in drag (i.e. drag divergence). Obviously, the lift coefficient increases with the increment of the attack angle. In the high porosity case, the wall interference reduces both the Mach number and the attack angle. Obviously, the lift coefficient is reduced by the change of attack angle. The drag coefficient becomes smaller due to decrease of the Mach number. On the other hand, the decrease of the attack angle causes additional drag by a similar mechanism to induced drag. The change of the drag coefficient includes these two effects.
Conclusion
In the present study, the flow around the ONERA-M6 wing was computed including the effects of wind tunnel wall interference. In order to compute the flow field in conditions that closely match the actual wind tunnel testing, the effects of the wind tunnel walls at the top and bottom of the test section were computed using a porous wall model. First, we compared the computation results with actual wind tunnel test data. Previous computations for the ONERA-M6 wing without the effect of the wind tunnel wall have shown some differences between the computed shock wave shape and the experiment. However, the present computation, which included the effect of the top and bottom walls, captured almost the same shock wave shape as the experiment data. The wall interference was evaluated by solutions of the linearized small perturbation potential equation computed using the CFD results as boundary conditions. The wall interference of a porous wall reduced the Mach number and attack angle. On the other hand, the wall interference in the case of no bleeding increased these values. Due to these effects, the swept angle of the front shock wave and the location of the rear shock wave were changed. In the porous wall case, the swept angle between the front shock wave and the symmetric plane were increased and the rear shock wave was moved upstream. The wall interference also affected the lift and drag coefficients. The lift coefficient was affected by the change of attack angle. The change of Mach number altered the drag coefficient, and the smaller attack angle caused additional drag by a similar mechanism to induced drag. 
